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MPERIMENTAL AND THEORETICAL RESULTS ON HEAT TRANSFER AT 

THE ANGLE OF ATTACK OF SWEPT WINGS I N  HYPERSONIC F L I G H T  

Jacques Valensi, Roger Michel, and Daniel Guffroy 

ABSTRACT 

An experimental and theore t ica l  study of cooling and hea t  

t r ans fe r  at  the leading edge of hypersonic wings a t  Mach num- 

bers  4, 7 and 10 and at d i f fe ren t  angles of a t tack  has led  

t o  the following conclusions: An appreciable r i s e  i n  Mach 

number and pressure i s  observable a t  high speed along the 

leading edge of a real w i n g  i n  a region influenced by the 

in te rac t ion  of the  forebody and the leading edge. A t  t h i s  

r i s e  there  is  a detectable var ia t ion  in  the heat t r ans fe r  t o  

/1* 

the  surface.  I n  order t o  predict  the heat t r ans fe r  t o  the  

surface it i s  necessary t o  account f o r  the influence of 

pressure gradients  i n  the development of the three dimensional 

boundary l aye r .  Application of the  pr inc ip le  of prevalence 

permits a method of calculat ion which f o r  la rge  angles leads 

t o  r e s u l t s  i n  agreemnt w i t h  experiment. The experiments 

made at high Mach number show an influence of entropy gradient 

due t o  the curve of the shock wave which causes a var ia t ion  

i n  the stagnation pressure a t  the f r o n t  of the boundary l aye r  

_ _  *Numbers given i n  the margin indicate  the pagination i n  the 

t e x t .  
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1. INTRODUCTION 

The study of heat t r ans fe r  i n  the stagnation point region of space vehicles 

can be considered t o  be w e l l  advanced, at least as far as the laminas boundary 

layer is  concerned. A second c r i t i c a l  region is  less known, however, i n  the 

hypersonic g l ide r ,  namely the  wing leading edge, where the prediction concerning 

the  heat t r ans fe r  t o  the w a l l  must make use of the ana lys i s  of the boundary 

layer  development i n  the three dimensional flow condition. 

The theo re t i ca l  r e s u l t s  presently avai lable  concern e s s e n t i a l l y  the case 

of the s lender  i n f i n i t e  cyl inder .  S imi la r i ty  so lu t ions  established by Reshotko 

and Beckwith ( re f .  1) f o r  example , lead t o  simple formulas f o r  the hea t  t r a n s f e r  

on the stagnation l i n e  of t he  leading edge. 

The use however of the formulas for the  i n f i n i t e  cyl inder ,  f o r  estimating 

the heat flux at the leading edge of an ac tua l  w i n g ,  is  questionable f o r  s m a l l  

d is tances  from the nose, because an or ig in  e f f e c t  can ser ious ly  modify the  

r e s u l t s .  These formulas br ing  no more information on the evolution of the heat 

t r ans fe r  i n  the region where the nose i s  connected t o  t h e  leading edge of the  

w i n g ,  and where the pressure and the Mach number can undergo va r i a t ions  which 

affect i n  a non negl ig ib le  way the development of the boundary layer and i t s  

e s s e n t i a l  cha rac t e r i s t i c s .  

A study concerning both the theory and the experiment was undertaken i n  

collaboration with t h e  Marseilles F l u i d  Mechanics I n s t i t u t e  and the National 

Bureau of Aerospace Research and Studies, so tha t  answers t o  these  questions 

could be found. 

published before 

t ions which w e r e  

The present paper extends and terminates the p a r t i a l  analysis  

(ref.  2) and develops t h e o r e t i c a l  md experimental considera- 

presented i n  Comptes Rendus of A . S .  ( r e f s .  3 and 6).  



Experimentally, t h e  program completed w a s  about measurements on the  

pressure d i s t r ibu t ion  and heat t ransfer  t o  the  w a l l ,  along the leading edge 

of two hypersonic wing models. W e  r e c a l l  here the r e s u l t s  obtained fo r  d i f f e ren t  

sweep angles at Mach nurnbers 4,7 and 10. 

Theoretically,  two calculat ion techniques were defined and employed. The 

f i r s t  one uses the solut ion t o  l o c a l  equations of the boundary layer and l o c a l  

s i m i l a r i t y  solutions.  The second one uses a solution t o  the overa l l  energy 

equation. Both rnethods u t i l i z e  the  pr inciple  of prevalence of the longi tudinal  

flow over the  t ransversa l  flow i n  the boundary layer .  

2. EXPERIMENTAL 

2 .1  T e s t  Conditions 

2.1.0. The experiment& study was made on three w i n g  models of a /2 
schematic hypersonic g l ide r ,  having a spherical  sector nose connected t o  a 

leading edge of the same radius and two plane faces .  The experimental program 

predicted the  pressure readings and the determination of the heat  t r ans fe r  a t  

the  w a l l  along the stagnation l i n e  ( o r  "stop" l i n e ) .  

at zero incidence and the  leading edge and the  skidding varied.  

The models were placed 

2.1.1. T e s t s  at Mach Nos. 4 and 7. Model A has the following geometrical 

charac te r i s t ics :  

edge: 

or  263 m (M, = 7). 

Sweep edge angle: 800; radius of t he  nose and the leading 

I t s  ove ra l l  length i s  160 mm (Ma0 = 4) 7 mm (M, = 4) or  10 m (M = 7). 

A t  Mach number 4 t he  tes ts  were conducted i n  the supersonic wind tunnel  of 

I . M . F . M .  

approximately). 

is  adjusted by means of a heater so as t o  end up having deviations of a few 

degrees with respect t o  the  temperature of the  model (room temperature). 

The generator temperature is then close t o  t h a t  of the w a l l  (290° K 

The tes t  Mach number i s  b = 3.95. The generator temperature 

- _ -  
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The pr inc ip le  involved i n  the determination of t he  t r ans fe r  of temperautrd 

cons is t s  i n  recording, as a function of t i m e ,  the rise i n  temperature of red 

copper p i l l s  of thickness 0.4 mm, inser ted inside the brass model and insulated 

from the  la t ter .  

read at the i n i t i a l  time of the gus t ,wh i l e  t he  w a l l  temperature is s t i l l  uni- 

form. 

during the gust .  After having done these measurements f o r  d i f f e ren t  values of 

the  r a t i o  T,/T;, an e s sen t i a l ly  l inear  curve can be drawn, of q/Ti versus T-/T,. 

The derivat ive of the  temperature with respect t o  time i s  

Since the model i s  bulky, i t s  temperature remains p r a c t i c a l l y  t h e  same 

J 7 . L  

The slope of t h i s  curve Ti = T measures P 

. The r a t i o  9 convected heat: h = 
Tp - Tf 

f o r  q = 0. The sweep edge angles chosen 

P I  I 

the  coef f ic ien t  of f l u x  dens i ty  of 

Tf/Ti can be determined on t h i s  slope 

are: 6oo, 6 5 O ,  70°, 7 5 O ,  8oo, 85'and 

A t  Mach number 7 the  tests were made i n  the hypersonic wind tunnel  of 

I.M.F.M. by M r .  R .  Guillaume. 

w a l l  temperature s l i g h t l y  less than 300%. 

The generator temperature w a s  about 600°K, the  

The t e s t  Mach number w a s  7.03. 

The pr inc ip le  involved i n  the  determination of the  heat  transfer i s  the  

s a w  as at  Mach 4. 

f i c i e n t l y  t o  obtain a good accuracy in the  determination of Tf and h. 

thickness of the p i l l s  i s  here 3 mm. 

7 5 O  and 80°. 

It i s  not possible however t o  change the r a t i o  T /T. suf-  P 1  

The 

The sweep edge angles chosen are 6 5 O ,  70°, 

2.1.2. T e s t s  a t  Mach Number 10. Model 8 of swept edge angle 75' is  made 

up of a spherical  nose and of leading edge of radius 8 m, and i t s  ove ra l l  

length i s  107 mm. 

It w a s  t e s t ed  i n  the  hypersonic wind tunnel R 3  of U.N.E.R.A. at Chalais- 

Meudon, with a tes t  Mach number of Mm = 9.85. 

the w a l l  temperature are on the  average Ti = 1180OK and Tp = 2g0°K. 

The generator temperature and 

4 
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The pr inc ip le  involved i n  the determination of t he  hea t  t r ans fe r r ed  con- 

s i s t s  i n  recording as a funct ion of t i m e  the  temperature r ise of the w a l l  

proper, and t o  deduce from it the heat t ransfer red  and the  der ivat ive d T / d t .  

The model m a d e  f o r  t h i s  has a skin of i ron  1 mm th ick ,  whose temperature is  

measured by means of thermocouples. The der iva t ive  of t he  temperature i s  taken 

at t h e  i n i t i a l  t i m e  of the gust ,  a by-pass operation permitt ing t o  insure,  from 

t h i s  i n i t i a l  time on, t h e  necessary generator temperature. 

f luxes are i n  t h i s  way r e l a t i v e  t o  a uniform w a l l  temperature equal t o  room 

temperature. 

The measured heat 

2.2 Resul ts  

2.2.1. Pressure Distr ibut ion at the W a l l .  The experimental study of the  

pressure was made e s s e n t i a l l y  on the  cy l ind r i ca l  p a r t  of t h e  leading edge, with 

the pressures on the spherical  p a r t  being determined theo re t i ca l ly .  

l a w  of pressures ,  extended by a Meyer-Prandth expansion, has been used. 

The pressure d i s t r ibu t ions  measured on the  stagnation ( s top )  l i n e  of the  

A Newtonian 

leading edge are given i n  f igure  1. 

A t  Mach numbers 4 and 7 the lengths of the models are su f f i c i en t  so t h a t  

the pressure goes aft  t o  an approximately constant value, c lose t o  the  pressure 

t h a t  would be obtained f o r  an i n f i n i t e  cyl inder  i n  incidence. 

The evolution of t he  pressure at  Mach 4, from the d i s t r i b u t i o n  observed on 

the  spher ica l  p a r t ,  occurs in  a very regular  way, the pressure tends r ap id ly  

toward the  uniform asymptotic value.  The same does not hold at  Mach 7; here 

one can observe near the  connection a more i r r egu la r  evolution, with t h e  

pressure going through a minimum which tends t o  move downstream when t h e  sweep 

edge angle increases .  

.. . 
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This l a t t e r  phenomenon i s  s t i l l  m r e  accentuated a t  Mach 10. The length ' 

of t h e  model employed seem t o  be insuf f ic ien t  f o r  the asymptotic value of the 

pressure corresponding t o  the i n f i n i t e  cylinder t o  be reached. 

/4 2.2.2. Form of the Shock Wave and Entropy Layer. I n  order t o  

complement the information given by the measurements of pressure, the experi-  

mental program has included i n  all cases an o p t i c d  study of the  shock wave 

form. A shadowscopic method has been employed t o  determine with accuracy the 

t r ace  of the shock wave form. A shadowscopic method has been employed t o  

determine with accuracy the  t race  of t h e  shock wave on the  plane of symmetry. 

The observation of highly accurate s t r ioscopic  l i n e s  w a s  made i n  order t o  

obtain information on the  flow mass per un i t  volume between the leading edge 

and the shock wave. 

Shown, by way of example, i s  the evolution of' the  shock wave against  the 

leading edge angle f o r  I%, = 7 .  Two types of diagrams were adopted. 

I n  the f i r s t  type (upper f igure)  the shock wave form w a s  drawn f o r  a 

fo r  all the  leading edge assumed f ixed.  

sweep edge angles used, t ha t  t h e  trace of the shock wave, f i r s t  superimposed 

with t h a t  of a sphere, comes close t o  the  leading edge, and t h a t  t h i s  i s  t h e  

more pronounced the smaller the sweep edge angle. The separation dis tance i s  

observed t o  be minimum fo r  a sweep edge angle of 65'. 

from then on t o  go t o  a constant value at i n f i n i t y  downstream. The f luc tua -  

t ions  of the  pressure d i s t r ibu t ion  i n  t h e  neighborhood of the  connection are 

due t o  the r e f l ec t ion  of the expansion waves coming from the w a l l  and 

or ig ina t ing  from the sonic point on the shock wave, on the  stream surface 

( s t rongly  ro t a t iona l  f low),  and on the sonic l i n e .  

f luc tua t ions  are due t o  the non-viscous e f f e c t s  which are  due t o  the nose 

One observes qui te  c l ea r ly ,  

This dis tance seems 

I n  other  words these 

bluntness.  
8 



I n  the  second type we  have shown t h e  d i f f e ren t  shock waves, with a 

leading edge no longer f ixed  b u t  placed at the  corresponding sweep edge angles. 

This configuration permits”t0 observe t h e  invariance of the  sphere’s shock 
us 

wave and also shows t h e  displacement of the beginning of t he  influence of the  

cy l ind r i ca l  leading edge. 

The s t r ioscopic  p ic tures  a re  shown i n  f igu res  3 and 4. They br ing addi- 
@& n u m b e ~ ~ a i - ~ L ? . .  

t i o n a l  information by showing t h a t  a ce r t a in  evolution of t he  mass densi ty  takes 

place between the  w a l l  and the shock wave. Two regions are  observed between the  

shock wave and the  obstacle .  A region of low densi ty  shows up i n  black, i s  

observed near the  connection, and expands when the  sweep edge angle increases.  

It seems t o  iden t i fy  the  high entropy region corresponding t o  streamlines which 

have crossed the shock wave near t h e  region’s apex. The other  region shows up 

i n  white and corresponds t o  streamlines which have crossed the  oblique p a r t  of 

the shock wave. 

I n  order t o  better understand the e f f ec t ,=  exploration of p i t o t  pressures 

w a s  made f o r  Mach number 7 between the w a l l  and the  shock wave. Two examples 

of r e s u l t s  obtained at three  abscissas are shown i n  f igu re  4 on top  of the 

/5 corresponding s t r ioscopic  p ic tures .  Since w e  don’t  know the  s t a t i c  

pressures the  in t e rp re t a t ion  of the curves obtained i s  d i f f i c u l t .  Near the  

coupling wi th  the . spher ica l  nose an important evolution of the p i t o t  pressure 

between the  boundary layer edge and the shock wave seems t o  confirm the  crossing 

of a region whose entropy gradient i s  very high. Far  from the nose, however, 

a much smaller var ia t ion  seems t o  indicate an i sen t ropic  flow whose s tagnat ion 

pressure goes toward the  pressure 

shock wave from the  leading edge. 

which predominates,downstream of the  oblique 

9 



Figure 3 .  Shock waves at M, = 9-85 [Model B]. 
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It Seems therefore  t h a t  a three-dimnsional e f f e c t  t&es place here. 

The streamlines,  which have crossed the shock wave near t he  apex, go along 

the  leading edge f irst  and then depart from it and go toward the planar faces  

of the w i n g .  The e f f e c t  is greater,  the  higher the sweep edge angle. 

2.2.3. Distr ibut ion of H e a t  Flux at t h e  W a l l .  The r e s u l t s  concerning the 

heat t r ans fe r s  e a s u r e d  along t h e  stagnation l i n e  of t he  leading edge are shown 

i n  f igu res  4, 5 and 6. 

value calculated at  the  stagnation (stop) point by mans  of the Fay and Riddel l  

formula. 

I n  all cases the expe r iwn ta l  values are re fer red  t o  t h e  

A t  Mach number 4 a f a i r l y  constant heat  t r ans fe r  i s  obtained along the 

cyl inder ,  with i t s  value decreasing when the edge angle increases.  

The same does not hold at Mach nmiber 7, as proved i n  reference 3, nor a t  

The heat f l u x  at t h e  wall undergoes i n  these cases a mre i r r egu la r  Mach 10. 

evolution i n  the  sphere -and-cylinder coupling region. This evolution seems 

d i r e c t l y  connected with,  as tha t  of the pressure,  t he  above mentioned r e f l e c -  

t ions ,  with the heat  t r ans fe r  going through a minimum at an abscissa which 

corresponds approximately t o  tha t  of the  pressure minimum. 

3. TREOEIETICAL STUDY OF THE LAMINAR HEAT TRANSFERS I N  THREZ-DIMENSIONAL FIX)W 

3.1. The Prevalence Principle  and Form of the  General Equations 

Various authors, (refs, 4 and 5 ) ,  have shown t h a t  a very important simpli-  

f i c a t i o n  can be made t o  the three-dimensional boundary layer  when t h e  boundary 

layer  ve loc i ty  component t ransversal  t o  the  ex terna l  streamline can be assumed 

small compared t o  i t s  longi tudinal  component. This pr inc ip le  of longi tudinal  - 

flow prevalence, which seems especial ly  applicable t o  wings of high edge angle, 

permits t o  treat the  case of t he  longituidnal flow equations, while it i s  not  

12 
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necessary t o  consider the  t ransversal  flow equations. Taking f o r  logi tudindl  ’ 
axis  t h e  project ion of the ex ter ior  streamline on the  surface,  the following 

system of loca l  equations i s  obtained: 

3 
J Cpu e) + -  i p u  e) 0 0 

i 
z 3 Y  

cont inui ty  equation 
- 

s m e a n s  the  measurements along the streamlines and e,a quant i ty  proportional 

t o  the distance between two neighboring streamlines. 

The overa l l  equations obtained by in tegra t ion ,  along the  boundary layer 

thickness of the  momentum and energy l o c a l  equations, are: 

Note immediately t h a t  the prevalence pr inc ip le  permits t o  give the  

dimensional boundary layer  a form ident ica l  t o  t h a t  which would be had by the 

boundary layer  of a body of revolution whose meridian ordinate would be e ( s )  . 
When t h e  ex ter ior  flow of the  perfect f l u i d  i s  known the reduced width e of 

the streamline penci l  i s  i n  principle a given quant i ty  of the  problem. Any 

theo re t i ca l  treatm?nt es tabl ished f o r  t h e  flow of revolution is  then usable 

i n  the  calculat ion of the three  dimensional boundary layer development. 

3.2. Method of Calculating the Heat Transfer t o  the Wall 

3.2.1. Determination of t h e  Streamline Divergence. W e  propose t o  es- 

t a b l i s h  rnethods of calculat ion based on the  l o c a l  equations and on the ove ra l l  

energy equation, using the  prevalence pr inc ip le ,  with the e s s e n t i a l  goal  being ’ _.  I, 



_- 
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the  pred ic t ion  of t h e  hea t  flux a t  the w a l l  of wings having high edge angles, 

and e spec ia l ly  along t h e i r  leading edge. 

For any msthod it i s  necessary to  determine the  t e r m  l/e de/ds describing 

the  divergence of streamlines. 

For any surface considerations based on d i f f e r e n t i a l  geometry permit t o  

show t h a t  e (s )  i s  a so lu t ion  of t h e  following d i f f e r e n t i a l  equation 

2 d e  -+ (I( + kz - 
2 de 

where K i s  the  ove ra l l  surface cllrvature and k2 t he  geodestic curvature of t he  

streamline at the point  under consideration. This l a t te r  curvature can be 

evaluated, provided t h e  d i s t r ibu t ion  of the flow quan t i t i e s  at the edge of 

t h e  boundary l aye r  i s  known 

8 

If w e  take l/e de/ds = cp( s),we have 

Equation ( 5 )  i s  of t h e  f i r s t  order i n  cp. The r i g h t  hand s ide  i s  genera l ly  

not known ana ly t ica l ly .  A step-by-step construction process of streamlines 

could permit however t o  make a numerical in tegra t ion .  W e  have then 

where s1 i s  the  abscissa of a point  where 4 s )  i s  a r b i t r a r i l y  chosen. 

function e( s) i s  found within a mult ipl icat ive constant3 

(The 

1 
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I n  the case of i n t e r e s t  t o  us the overa l l  curvature K i s  zero on the 

cy l ind r i ca l  p a r t .  The abscissa s 1  w i l l  be taken equal t o  tha t  which corresponds 

t o  the connection w i t h  the  spherical  nose. 

assumed t o  be a fip n s ingular  streamline ( k2 = 0) . 
The stagnation ( s top)  l i n e  w i l l  be 

Equation ( 5 )  becomes 

On the  spherical  par t  we can take f o r  e:e  = s i n  s /R .  

6. 
'P("r1 - R 

The i n i t i a l  value of tp at the shoulder i s  i n  t h i s  way 
T i e  d2r L i l i  P 

,bkp/8n - i s  generally not  known ana ly t ica l ly  along the separation l i n e .  I f  ak,/an 

i s  iden t i ca l ly  zero, t he  streamlines near  the separation l i n e  can be taken as 

the geodesic l i n e s  or ig ina t ing  from the stagnation ( s top)  point .  

be produced only near A = 90°, and w a s  already studied i n  reference 6. 

This case can 

For the i n f i n i t e  cylinder we can e s t ab l i sh  the following r e l a t i o n s  on the 

stagnation l i n e  

These r e l a t ions  are met again at i n f i n i t y ,  f o r  the present case of & 
i n t e r e s t .  At a f i n i t e  distance it i s  necessary however t o  take i n t o  account 

the  o r ig in  e f f e c t  imposed by the connection with the  spher ica l  nose, espec ia l ly  

i n  the presence of a pressure evolution. The study proposed i n  reference 2 

uses the r e l a t ion  (7) at  a f i n i t e  distance and i s  therefore  va l id  only 

asymptotic a l l y .  

17 



3.2.2. Method of Local Similar i ty .  A s  mentioned i n  the  beginning of 

t h i s  chapter ,  as soon as the prevalence pr inc ip le  i s  used and the  function 

e ( s )  known, any theo re t i ca l  treatment worked out  f o r  t he  flow of revolution 

can be employed. 

of the  transfer f o r  t h e  case where the streamlines merge with the  geodesics 

o r ig ina t ing  from the  poin t  of impact at  the  edge of t h e  boundary layer, by 

pro jec t ion  on t h e  surface. The calculat ion w a s  done by extending the  method 

of S t i n e  and Wanlass ( re f .  7), applicable t o  asymmetrical flows. The method 

i s  here extended t o  the  case where e ( s )  i s  defined by Equation (6) .  

W e  have i n  this way presented i n  reference 6 the  ca lcu la t ion  

The ca lcu la t ion  proposed by Stine and Wanlass uses successively the  

transformations of Mangler and Stewartson and reduces the  problem t o  that of 

incompressible plane flow. It i s  then possible t o  use the  s i m i l a r  so lu t ions  

of the  laminar boundary layer of t he  F d k n e r S k a n  model. The fundamental 

parameter permitting t o  e s t ab l i sh  the l o c a l  correspondence i s  m = s/ue due/dc, 

which becomes Ei and 6 i n  each of t he  associated planar flows. 

It i s  then assumed t h a t ,  t o  t he  ac tua l  flow at every po in t ,  a correspondence 

can be made with the  incompressible p l a n a r  flow, where the  ve loc i ty  is  d i s t r ibu ted  

according to a l o w  of a power of t he  abscissa ,  where the exponent i s  fi. 

W e  have i n  t h i s  my, f o r  the  l o c a l  coef f ic ien t  of hea t  f lux connected t o  

the  w a l l  

where (dB/dV&= 0 is  

incompressible planar 

- m 
the temperature gradient  at the w a l l  f o r  t h e  corresponding -- 

flow. 
I S  - 

The p a r m t e r s  m/m and m/fii are given by s m  
2 

0 0  
_. . 
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The reduced temperature gradient (dB/d7\&= 0 is tabulated f o r  /9 m 
d i f f e ren t  r a t i o s  of Tp/Ti, and f o r  d i s t r ibu t ions  of w a l l  temperatures which 

can be p ropor t iond  t o  a power of E. 

The heat  t r ans fe r  q can then be calculated if the  recovery f ac to r  r i s  

1/2 known. The value has been taken equal t o  Pr f o r  Pr = 0.7. 

3.2.3. Method Based on the  Overall Energy Equation. It w a s  shown (ref 8) 

t h a t  a very f l ex ib l e  method of calculation, based on a solut ion of the ove ra l l  

momentum equation, permitted t o  predict  with a reasonable degree of approxima- 

t i o n  the  e s sen t i a l  dynamic charac te r i s t ics  of a laminar o r  turbulent boundary 

layer, f o r  the case of moderate pressure gradients .  The approximate Illethod 

employed here fo r  the  heat  t ransfer  calculation is  the extension of t h a t  

technique t o  the ove ra l l  energy equation. 

The fundamental hypothesis employed here i n  the dynamic problem i s  t o  

assum that the shape of the velocity and temperature p r o f i l e s  i n  the boundary 

layer  vary su f f i c i en t ly  l i t t l e  so tha t  the  f r i c t i o n  coef f ic ien t  may be expressed 

by t h e  f l a t  p l a t e  r e l a t ion  as a function of the Reynolds number of t h e  momentum 

thickness.  

f o r  t he  f r i c t i o n  coef f ic ien t  i s  

Using t h e  concept of reference temperature, t h e  r e l a t ion  employed 

where g i s  Cf/C of the laminas 

from the  m a s s  per un i t  volume p* 

f1 
f l a t  p l a t e ,  w i t h  R constant.  g i s  obtained 

and from the v i scos i ty  p* which corresponds 
62 
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- .  
t o  the reference temperature F. It has been proposed t o  use,  f o r  t h i s  

temperature, the  Monaghan r e l a t ion ,  as follows 

where Tf i s  the athermal w a l l  temperature having a corresponding recovery f a c t o r  

r = Fr 1/2. 

The same method of treatIIlent i s  applied now t o  the ove ra l l  energy equation, 

considered as a d i f f e r e n t i a l  equation of the energy thickness A. To in tegra te  

the equation, one uses the r e l a t ion  which is  an expression of the heat flux 

a t  the w a l l  as a funct ion of the Reynolds number of the energy thickness ,  

s tac t inq  * from the  proper t ies  of the f l a t  p l a t e .  

For the laminar f l a t  p l a t e  with constant w a l l  temperature there e x i s t s  a 

constant r a t i o  between the  heat f l u x  coef f ic ien t  and the f r a c t i o n  coef f ic ien t  

. 
From the r e l a t i o n  (10) which i s  an expression of Cf as a funct ion /10 

of R b 2 ,  one deduces eas i ly ,  following in tegra t ion  of the overa l l  equations of 

t he  f l a t  p l a t e ,  the r e l a t i o n  f o r  the heat f l u x  a t  the w a l l  as a funct ion of 

the Reynolds number of the energy thickness . 

This r e l a t ion  transforms the overa l l  energy equation (2b) i n t o  a l i n e a r  

d i f f e r e n t i a l  equation of order one for A . 2 
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The integrat ion i s  performed generally from the  point  so where the 

energy thickness is known. It yields  the  following energy thickness 

The hea t  f l u x  at the  w a l l  i s  deduced from (13) using (E). 

I n  the  problems of i n t e r e s t  the  s t a r t i n g  point of the  integrat ion w i l l  be 

the  stagnation point of t he  forebody. 

at the running point over the stagnation point  ( s top  point)  i s  

The expression f o r  t h e  heat  f l u x  r a t i o  

3.3. Application t o  the Leading Edge and Comparison with Experimnt 

Two .regions can be distinguished when applying the  calculat ion t o  the  

cases under consideration. 

A f i r s t  region i s  the  spherical  sector  which m a k e s  up the  nose whose flow 

The reduced width of and heat  t ransfer  are those of a forebody of revolution. 

t h e  streamline penci l  i s  here simply proportional t o  t h e  distance from t he  wall 

t o  the axis which c a r r i e s  the stagnation point  and the  center of t h e  sphere. 

A second region starts from t he  connection with t h e  cylinder and i s  the 

leading edge i tself .  The problem here i s  t h a t  of a three-dimensional f l o w  

having pressure gradients  determined by experiment. Taking in to  account the  

/11 observations made previously on the  or ig in  e f f e c t ,  there  i s  no 

p o s s i b i l i t y  available than t o  take i n  the  calculat ion f o r  t he  stagnation 

other 
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pressure at the edge of t h e  boundary layer, the s tagnat ion pressure p’  

stream of the r i g h t  shock detached f r o m  the nose. 

down- i 

I n  a l l  cases the experimental 

curves f o r  the pressure are used i n  the heat flux ca lcu la t ion .  

I n  reference 2 an approximate r e l a t ion  w a s  used fo r  the divergence of the 

streamline,  as a funct ion of the  normal gradient  of t h e  ve loc i ty  and assuming 

a newtonian t ransversa l  pressure d i s t r ibu t ion  

The geometrical study of Section 3.2.L shows that  t h i s  r e l a t i o n  i s  i n  fact  

rigorous only i n  the case of a pure cylinder,  i .e. ,  a t  a grea t  dis tance f r o m  the 

nose. 

I n  the region where the pressure va r i e s ,  and a l so  close t o  the connection, 

the  determination of the  divergence of streamlines must involve am in tegra t ion  

of Equation (6) .  This in tegra t ion  w a s  m a d e ,  taking fo r  ak2/an, the  approximate 

value 

which i s  va l id  r igorously i n  the case of a purely cy l ind r i ca l  flow. 

On the other  hand dv/dn w a s  calculated,  under the assumption of a t r ans -  

v e r s a l  newtonian d i s t r ibu t ion ,  from the pressure measured on the s tagnat ion 

l i n e .  

The i n i t i a l  value taken a t  the shoulder, imposed by the preceding flow 
I _  

of revolut ion i s ,  as shown i n  Section 3.2.1, 
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A t  Mach number 4 t he  f a c t  t h a t  the pressure and hea t  t r ans fe r  are constant 

along most of the  length of t he  leading edge has l e d  t o  using only an asymptotic 

form of the  i n t e g r a l  method, namely the form re l a t ive  t o  a cy l ind r i ca l  flow at  

constant pressure and with stagnation pressure p '  

curves drawn on the  r i g h t  of the experimental curves of f igu re  5 are i n  fair 

The corresponding dashed i' 

agreement with the masured values. 

A t  Mach number 7 the calculat ions have m a d e  use of t h e  l o c a l  and ove ra l l  

methods f o r  t h e  pressure gradient of t h e  leading edge. The corresponding 

curves, drawn i n  f igure  5 show t h a t  each of t h e  two methods shows f a i r l y  w e l l  

t he  evolution which i s  experimentally observed, with the f l u x  going through 

a minimum i n  the  region affected by the connection. It should be noted however 

t h a t  t h e  s imi laz i ty  method involves d i r e c t l y  and l o c a l l y  the  gradient  of the 

ex te r io r  ve loc i ty  as w e l l  as t h e  streamline divergence. The appl icat ion of 

t h i s  method becomes complicated f o r  wings of average leading edge angle /12 
i n  the  region affected by t h e  connection, because of the  inaccuracy i n  the  

d i s t r ibu t ion  of Mach numbers determined from the  pressure at the w a l l .  

F igure 6 shows the  r e s u l t s  obtained from the appl icat ion of t h e  i n t e g r a l  

method t o  Mach number 10. The method always predic t s  a minimum of heat f l u x  

which approximately corresponds t o  t h a t  of the  pressure.  A more accurate 

determination of the streamline penci l  width seems i n  f a c t  t o  lead t o  r e s u l t s  

general ly  i n  b e t t e r  agreement withkexperiment than those obtained i n  reference 2. 
* E  

A t  high edge angles the experiment and t h e  ca lcu la t ion  are i n  agreement i n  

A t  edge angles of 50' and 60' t he  experiment is the  whole length of the mdel. 

i n  f a i r l y  good agreement with the calculated value but la ter  y ie lds  a hea t  f l u x  

which becomes smaller and smaller than the calculated value. The heat  f lux  seems 

t o  go toward a new asymptotic value which can be determined by applying t h e  
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i n t e g r d  method t o  a uniform cyl indrical  flow whose stagnation pressure has 

the  value p of an oblique shock pa ra l l e l  t o  t he  leading edge. The r e s u l t s  

from observations already made on entropy gradient e f f e c t s  due t o  curvature 

of t h e  shock wave should be compared. 

, 

i 2  

4. CONCLUSIOIE 

A t heo re t i ca l  and experimental study of the flow and heat  t r ans fe r  of 

hypersonic wing leading edges placed under d i f f e ren t  angles, leads t o  the  

following e s s e n t i a l  conclusions, f o r  Mach numbers 4, 7 and 10: 

A n  appreciable evolution of Mach number and pressure at high ve loc i ty  i s  

observed along a real wing leading edge, i n  a region affected by the connection 

of t h e  forebody with t h e  leading edge proper. 

t o  the  w a l l  are connected with t h i s  evolution. 

Strong var ia t ions  of heat  t ransfer  

I n  order to predict  the heat  transfer at the wall it i s  necessary t o  take 

account of t he  pressure gradiEnt e f f ec t s  i n  t h e  development of three-dimensional 

boundary layer .  The application of the  pr inc ip le  of prevalence permits t o  

e s t ab l i sh  methods of calculat ion which lead a t  high sweep edge angles t o  results 

which are i n  resonable accord with experiments. 

The experiments performed at  high Mach number and a t  an average sweep edge 

angle display,  hovever, an influence by the entropy gradients due t o  the  

curvature of t he  shock wave, which in  tu rn  leads t o  a var ia t ion  of the stag- 

nat ion pressure at the edge of t h e  boundary layer .  
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